Course objectives

1. Gain experience with the principal computational tools used for preliminary aerodynamic
(subsonic) design of airfoils, wings, whole vehicles

e Airfoils: Panel+BL method: viscous/inviscid interaction (VII) - exemplified by XFOIL
e Wings/whole vehicles: Vortex lattice methods (VL) - exemplified by AVL;

VIl (2D) VL (3D)
XFOIL \ /AVL
XFLR5
OpenVSP
Tornado
CEASIOM

2. Gain an appreciation of transonic aerodynamics of airfoils and (swept) wings, including
flow remediation methods;

Be able to estimate maximum lift coefficients for wings/high angles of attack;

Be able to derive aerodynamic and inertial loads on wings, carry out preliminary structural
design;

5. Understand the bases of optimal aerodynamic design of airfoils and wings.

Outline of Topical Organisation

Relevant fluid mechanics

® inviscid/viscous/incompressible/compressible/singularity lumping
. Airfoil aerodynamics

® Characterisation of airfoils
Inviscid analysis
Boundary layer modelling
Viscous—-inviscid interaction
Case studies
. Wing aerodynamics

® |nviscid methods

e Trefftz plane drag analysis

o Planform, twist, airfoil choice

. Transonic aerodynamics
o Airfoils
e Wing sweep
e Arearule
. Wing structure and design
e Wing as a beam/load relief, Structure
. High-lift aerodynamics, aerodynamic remediation, direct/inverse design methods



Knowledge assumed from earlier courses

1. Euler and Navier-Stokes equations, Bernoulli’s equation

2. Control volume analysis

3. Similitude and dimensional analysis, similarity-based flow solutions
4. Analytical thin airfoil theory

5. Prandtl’s lifting line analysis

6. Potential flows and construction of flow fields by superposition

7. Laminar and turbulent boundary layers, transition

8. Boundary layer equation and integral treatment of equation

9. Properties of normal and oblique shock waves

10. Linearized compressible flow, critical Mach number
11. Key aspects of aircraft performance including use of drag polar
12. Introductory material on airfoils and finite wings

New in this course

Linear inviscid aerodynamics tools
1. Discrete methods for thin airfoil analysis
2. Panel methods for inviscid finite-thickness airfoil analysis (XFOIL)
3. Vortex lattice methods for inviscid finite-wing and complete-vehicle aerodynamics (AVL)

Viscous boundary layers and VIl tools

1. Numerical treatment of wall-normal integrated boundary-layer equations
2. Prediction of BL transition to turbulence using the eN method
3. Viscous-Inviscid Interaction for airfoil aerodynamic analysis (XFOIL)

Wings with sweep
1. Aerodynamics of swept wings and wing-body assemblies — subsonic, transonic, supersonic
2. High-a subsonic aerodynamics for highly-swept surfaces
3. Aerodynamic crutches — flow remediation tools for swept wings

Other

Airfoil and wing design for transonic flight

Wing design parameters

Wing structural loading and design

Introduction to codified design tools (ESDU)

High-lift aerodynamic estimation for airfoils using correlation-based methods
Inverse methods and design optimisation

2R S o



References and reading

Anderson JD, Fundamentals of Aerodynamics, 5e,
McGraw Hill 2011.

Bertin JJ & Cummings RM, Aerodynamics for
Engineers, 5e, Prentice-Hall 2009.

Drela M, Flight Vehicle Aerodynamics, MIT Press 2014
(available as PDF from Monash Library).

Engineering Sciences Data Unit (ESDU), various
items.

Katz J & Plotkin A, Low-Speed Aerodynamics, 2e,
Cambridge 2001 (available as PDF from Monash
Library).

Howe D, Aircraft Loading and Structural Layout, AIAA
2004.

Kuethe AM & Chow C-Y, Foundations of
Aerodynamics, 4e, Wiley 1986.

« Airfoil Coordinates Database (UIUC):

« A/C design by |. Kroo (Stanford):

McCormick BW, Aerodynamics, Aeronautics, and
Flight Mechanics, 2e, Wiley 1995.

McLean D, Understanding Aerodynamics, Wiley 2013
(available as PDF from Monash Library).

Obert E, Aerodynamic Design of Transport Aircraft,
I0S Press 2009.

Schlichting HT & Truckenbrodt EA, Aerodynamics of
the Aeroplane, 2e, McGraw-Hill 1979.

Torenbeek E, Synthesis of Subsonic Airplane Design,
Martinus Nijhoff Pubs 1986.

Torenbeek E, Advanced Aircraft Design, Wiley 2013
(available as PDF from Monash library).

Torenbeek E & Wittenberg H, Flight Physics, Springer
2009 (available as PDF from Monash library).

http://www.uiuc.edu/ph/www/m-selig/ads/coord_database.html.

http://aero.stanford.edu/aa241/AircraftDesign.html

+ A/C design by W.H. Mason (Virginia Tech): http://www.aoe.vt.edu/Mason/ACinfoTOC.html

THE WING IS KING
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Wing design

THE WING IS KING
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The wing is the single most important aircraft component.

Typical wing design objectives:

1. Maximize aerodynamic efficiency, i.e.
minimize drag for design lift coefficient

2. Maximize Crmax (landing/manouevring)

3. Good flight handling qualities (stall/spin)
4. Safety (min. rate of climb, 1 engine out)
5. Maximize thickness/internal volume (fuel)
6. Maximize strength (manouevring)

7. Minimize structural weight (wing loading)
8. Maximize stiffness (divergence/flutter)

9. Minimize manufacturing costs

10. Ground handling/stowage

These requirements may conflict and there may

be a number of design points to consider
(e.g. sub/supersonic flight segments).

The main tasks of wing aerodynamic
design are to select wing airfoils and
planform to best achieve the design goals.

No unigue answers!

Two very different wing designs for nominally
the same requirement can give similar
L/D and overall performance.

B-47 Avro Vulcan
S reference 1430 {132} 3446 {320}
S wetted 11300 {1050) 9600 {892)
Span 116 {35) 90 {27)
Swet/ Sref 7.9{7.9} 2.8(2.8)
Aspect ratio 9.4 (9.4} 3.0 {3.0}
Wetted aspect ratio 1.2{1.2) 1.1{1.1}
L/D max 17.2{17.2) 17.0 {17.0}



Aircraft efficiency and range

Breguet range equation assuming constant C; cruise

W,
R=VZ_—In —‘1) (for jets)

More generally, since 1.Pc =TV where Pc is power derived from conversion of chemical energy,

and 1, is overall energy conversion efficiency, and Pc = Hrivy in which H is the heating value of fuel

(H = 42 MJ/kg for most hydrocarbon fuels), 1 is fuel mass flow rate;

. m %4
NoHmy = VvV sothat — = No—
Ct g

This form of range equation
works for any type of fuel-
burning aircraft, prop or jet, and| R=n,——
because it is based on power 8
output rather than thrust.

Similar equations can be
developed for endurance, or
non-fuel-burning propulsion
(e.g. batteries).

This initially seems like a straightforward division of optimisation targets but in reality, aerodynamics and
structures are coupled through the weight ratio Wo/W1.

Aircraft efficiency and range

= ——1 _—
R oy D,

Suppose Wi = We = aircraft empty weight with all fuel consumed, and Wo = We + Wr where Ws = fuel weight.

Wi | (1 + Y )
We W,
pop ALy Wet Wy HL, (W
=To e D W, = To ) W, 1 0.693
0.5 0.406
0.25 0.233

For large transport aircraft, the wing typically contributes of order 40% of We and houses all the fuel, W:.

1 [ 7wAe
Recall: L/Dpax = 5 /
/ 2 pr()

An “obvious” way to increase L/D is to increase wing aspect ratio A, but for the same wing area
and loading, that will also increase wing weight to meet a given load factor n, owing to increase
in wing-root bending moment and consequent increase in required strength. Hence increasing
A will increase We (and directly decreases the amount of possible stored fuel, W, since wing
volume is inversely proportional to A for given S).

This means that in reality, overall wing design optimisation (e.g. to reduce overall aircraft weight
and fuel use) requires coupled consideration of structure and aerodynamics, typically iteratively.
However, in this subject the two aspects are treated as decoupled.




SUBSONIC/HIGH ALTITUDE/LONG RANGE
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Overview perspective on wing aerodynamics

1. Most aircraft operate at large Reynolds numbers, and moderate-or-low Mach numbers. Our
focus here is on subsonic/transonic wings (i.e. the vast majority).

2. For efficiency (good L/D), most wings are of moderate-to-high aspect ratio (A = b2/S > 4, say).

3. Again for efficiency, aircraft geometries have evolved to be highly streamlined, i.e. to produce only
minor flow separations. (Persistent flow separation is of major concern to the aerodynamicist.)

4. Flows around high-aspect ratio wings are dominated by 2D; 3D effects are small corrections to
2D though their spanwise-integrated effects (e.g. induced drag) are possibly large.

5. Conversely, boundary-layer flows are predominantly dealt with using 1D methods and have
negligible effect on 3D flows (since their length scale/thickness is tiny compared to other aircraft
lengths), and only minor effect on 2D airfoil flows. BL turbulence is dealt with using correlations.

6. Hence there is a natural subdivision in design/analysis methods for 2D (airfoil) and 3D (whole
wing/vehicle) flows.

7. On the assumption that flows remain attached, inviscid analysis methods are enough for most 3D
whole-vehicle design tasks. A combination of coupled inviscid and viscous (BL) methods has
been evolved for 2D airfoil flows. Full 3D RANS solvers of the type offered by Ansys are little
used until final design iterations, with experimental spot checks (this is a cost-based progression).

8. About the only time highly separated flows can be tolerated is during flight phases which do not
persist for long (so overall impact on energy use is small). This amounts to take-off and landing
segments or brief manoeuvres. We will consider some specialised tools for such flows, particular
to highly swept wings at large angle of attack.

9. A number of flow remediations (“aerodynamic crutches”) have been evolved to help control/
suppress some types of flow separations. We will also review these.

10. Another review area will deal with transonic/shock effects on 2D/3D wing flows.



Revision fluid mechanics

Reading: Anderson Chs 2, 3, 11.

The production of lift — circulation

The fundamental results of classical aerodynamics (for incompressible flows) are
1. Kutta-Joukowsky theorem relates lift per unit length to circulation around a

loop bounding vorticity in the flow:
l = pVo I Fz%u-dr:/n-wdA
c s

Where C is a closed curve bounding surface S.

2. Kelvin’s theorem (a.k.a. Helmholtz’s theorems) for inviscid barotropic fluid

i. Fluid elements initially free of vorticity remain free of vorticity.
ii. Fluid elements lying on a vortex line at some instant continue to lie on that vortex line.
More simply, vortex lines move with the fluid.

iii. The strength of a vortex tube does not vary with time. D =
Dt Dt ),

D

u-dr =0
Corollary: vortex lines and tubes must appear as a closed loop or extend to infinity or
start/end at solid boundaries. A vortex line has constant strength along its length.

3. Biot-Savart law: a segment of a general curvilinear vortex filament of strength I' ‘induces’ velocity
at a remote location:

Vortex filament
of strength [

&

T

A great deal of relevant analysis and design can be done based on these theorems, and assuming
that viscous effects (and vorticity, friction) is confined to small (singular) regions. This works
because Reynolds numbers are typically very high, making these assumptions quite reasonable.

In turn, we can often invoke principles of linearity and superposition in the analysis.

qv I'dixr The effect of the whole filament  y, _ /°° T dixr

T 4r |2 is obtained by integration: o Ar |r?]



Potential flows (recap)

An irrotational incompressible flow can be described in terms of two (alternative) scalar functions, the
velocity potential and the stream function. Either of these satisfies Laplace’s equation for such flows.

1. The velocity potential

Flow is irrotational (vorticity=0) w =V xu =0 Vector identity w =V x V¢ =0
¢ ¢ o¢
Propose U ¢ u 9z U By’ w= 5 automatically irrotational
Flow also incompressible V -u =0 Satisfies Laplace’s equation V :u =V V¢ =V2¢ =0
0
Typical (solid-wall) boundary condition % =V¢-n =0 wherenis a unit vector, normal to the wall
2. The stream function (2D)
0 0
Flow is incompressible V - u = gu + 90 _ 0
Jor 0z
N O Py Y
Propose ©u=—; w=—— V.u= — = (0 automatically incompressible
P 9z e Y= 920: 020w ymeemp
ou Ow 0% 0%

= +—— =0 or V2% =0 Satisfies Laplace’s equation

0z Ox 922 a2

If flow is also irrotational w, =

Typical (solid-wall) boundary condition % = const : the wall is a streamline of the flow, as is any line of constant ¢

Remarks

1. Lines of constant potential (normal to V¢ = u ) are by definition also locally normal to streamlines.
2. lIrrotational incompressible flows satisfy linear operator V2()=0, so can be linearly superimposed.
3. The use of a scalar streamfunction is confined to 2D flows, velocity potential is more general.

The elementary potential flows

Flow Picture Velocity Velom_ty Stream function
potential
Uniform flow, R t/(‘ vV Vo Viy
X direction
. A o250 "" = . ” v, A
Line source/ | % AN 0o . iAlnr iﬂ
sink VA e AN 2y ot 1t
’ N, |
M cos @
o g2
Line doublet o _% sin g oy~ cos - sin 6
0 2 r?
. r r T'lnr
Line vortex Ug = ——— -0
2mr 27 2




The Kutta condition, circulation, and lift

Frictionless (potential) 2D flow past a plate: a variety of valid solutions can be obtained analytically:

 _e=———__ (a) Flow Clings to Both Edges
= —  zeolLit _ |
—_— = Zero Drag Which one is correct?
_———————— (b) Flow Separates at Both Edges
J< laroe D The case that best matches observed reality has
Large Drag

s (Helmholtz-Kirchhoff Flow) the flow leaving the TE tangentially. This is called

the Kutta condition and frictionless flows that
(c) Flow Clings to Leading Edge

/’—\\/ Separates at Trailing Edge sgtisfy it give a very good approxim_atign t_o real
N Large Lift high-Re attached flows, pressure distributions.
Zero Drag Note that the ideal flow has no drag, however.
(Kutta-Joukowski Flow)

N (d) Flow Separates from Upper Surface
% Reduced Lift
—\ Small Drag

Potential flow solutions can be linearly combined to form new valid solutions: a combination of the zero-lift
flow and a pure circulatory flow of correct magnitude gives a flow satisfying the Kutta condition.

All the lift in the flow can be attributed to the circulation: an isolated vortex in a cross flow experiences lift.

Idealising a wing by a ‘lifting line’ vortex bound to the wing, or a sum of line vortices, allows a comparatively
simple but adequate mathematical model of a finite wing and the surrounding flow to be made. These
models give surprisingly accurate predictions of lift and lift-induced, as opposed to friction-related, drag.

Establishment of the Kutta condition

Viscous effects force a flow separation at the TE for any real flow
that does not satisfy the Kutta condition. Auto-correction of this
separation provides viscous regulation of the airfoil’s circulation.

Images from Prandtl & Tietjens

Detail of TE starting flow

separation streamline/separatrix

t=0+: boundary layers start,
separation bubble forms at TE

intense low pressure sucks initial
separation streamline towards TE

t>0: the two separation

streamlines coalesce . . .
separation point shifts to TE

separation streamline

advects downstream starting vortex

is shed into wake

equivalent vorticity

Kutta condition established: stays bound to airfoil

flow with tangential
separation streamline

F1a. 51.—Taken somewhat later than Fig. 50.

Net vorticity at TE is zero.



Drag nomenclature and mechanisms

e total airfoil drag attributable to viscous effects (hence is Re dependent)
® profile drag = skin friction drag + form drag

1. Total drag
e total retarding force parallel to direction of motion 'wl “W:Zs s
e total drag = skin-friction drag + pressure drag o whv
2. Skin-friction drag o I e
e drag force caused directly by skin friction/viscous traction integrated over body e e
3. Pressure drag g:“” w:::
® drag force caused by surface pressures/normal traction integrated over body “ To LT
¢ pressure drag = induced drag + wave drag + form drag I e
4. Induced drag 0 SR
¢ induced by lift/downwash, and the change in angle of attack this produces O T SUPIRSONIC FICHTER | SUPERSONKC FIGHTER
¢ does not depend directly on viscosity and can be estimated assuming inviscid flow (upsone pomsand
5. Wave drag
® associated with pressures produced by shock waves in high-speed flight c ‘W’
6. Form drag (or boundary layer pressure drag) : //\
° thg presence of bounda!'y Iay.ers challnges the exte.rnal flow and hence pressures § M o S
e this drag is caused by viscosity but is felt though its effect on pressure distribution  § Skin A 4 ot
7. Profile drag E o "
2

A\

8. |nter‘ferenCe draq Airfoil section drag coefficient Cq

e drag attributable to one component (e.g. fuselage) changing flow around another (e.g. wing)

9. Trim drag
e attributable to deflection of control surfaces - mostly this is extra induced drag

10. Parasitic drag
e summary of all non-essential (non-lift) drag

Note that the “profile drag’ is associated with the wing section profile, i.e. is effectively 2D.

Typical contributions to drag for subsonic transport

Total Drag Friction Drag
ﬁ Pylons + Fairings
Lo / f Nacelles
/ Vertical Tail
Lift P 4 Horizontal Tail
Dependent ,’
Drag Y :
’ Wing
V%
Friction
Drag Fuselage

G. Schrauf, AIAA 2008



Compressibility effects — 1

1. The general progression of airfoil shock structure with Mach number:

Supersonic region
Local supersonic flow and a /

compression shock arise at a

‘critical’ freestream M.<1.

Generally, much less separation for
supersonic flows but wave drag
becomes dominant.

For transonic flows, M«.~1, the shock
can produce flow separation and
greatly increased drag.

~

~ . .
}(Subsomc region
\

Supersonic region grows to include Bow shock appears at M.=1.
entire upper and lower surfaces.

Compression shock moves to TE.

M, =095 ~~—-

2. For isentropic (shock-free) flow, local and stagnation conditions are related through
. 1/(v-1) . v/(v=1)
po:(1+“M2> po:(l—i—MMQ)
p 2 P 2

3. Changes in density are negligible for sufficiently small M:

_ -1 1/(v—=1)
popp_(VQ M2> <0.05 — M <03

Compressibility effects — 2

4. Using a-2=yp«/p~ We can restate the pressure coefficient Cp, dimensionless local pressure variation:

P~ Poo 2 P
C,= = — -1
eVE M <poo )
5. The critical Cp for which the local Mach number M = 1, given freestream value M.. and assuming
isentropic flow is _
¥ {(H[(w—l)/zww?)”/“ ”_1}

o __2
P ML 1+ (v-1)/2

6. For linearized irrotational compressible flow (potential flow, small perturbations, not too

close to M.. = 1) we have the Prandtl-Glauert correction O~ Cpo O~ Clo
(Cpo is Coat M =0) P -,  and 1_ M2
. . Cpho
or the more accurate Karman-Tsien correction ~ P
Cr V1= M+ [Mo? /(14 V1 = Mo2)|C0/2
7. Hence for any incompressible 2 ‘ ‘
Cp (typically, the lowest value) » Isentropic \
we can estimate the critical C p flow relation|
freestream Mach number for the 18
onset of local shock waves. »
von Kgrman—Tsien
8. If we know (or compute) the | [_similarity rule c
airfoil Cp distribution for M =0 4 P
at a given C;, we can estimate &/ M
the critical freestream Mach P C
number Mec. Cp' 06
mc




Flow-field modelling for computational methods

used in wing aero analysis

Reading: Drela Chs 1 & 2.

Fluxes
Flowfield and Sl{rfaoe Mass Flux Momentum Flux Total Energy Flux
surfaoe\ V:n . % 3 g
Sk = '\ _p(V-A) SCp(V-R)V N p(Veid)e,
- R R -
p,e- \ A\ s \ \ \
\ y Drela \ \ N

\ v \ \ \

-~

Figure 1.3: Flow-field quantities p, V, ¢, together with a surface’s normal vector i define mass,
momentum, and total internal energy fluxes across each surface point. These are associated with
bulk fluid motion.

Forces
Flowfield an f
" eid and Surface Pressure §mss Viscous Stress Conductive Heat Flux
> X A - J N \ —pn b \ T b \ é "
, s 1 | i \ \ X N S
Pp VWV 7 > \‘é e ‘/. % 249
k VTJ/ vV - \ W \ W { q
\ ]/ \\ Pressure Work \\ Viscous Work \\
- (shown per unit speed) (shown per unit speed)

Figure 1.4: Flow-field quantities p, i, V'V together with a surface normal vector fi define pressure
and viscous stress forces acting on each surface point, with corresponding work contributions .
Flow-Field quantities k, VT define the conductive heat flux vector q at each surface point, with
corresponding normal flux component ¢s. These are all associated with molecular motion.

Boundary conditions

The appropriate boundary conditions for a viscous flow at a solid surface are the no-slip condition on V,

and either a temperature condition or a heat-flux condition on h.

V=0 (on solid fixed surface) (139)
either h = ¢pThody (on surface with known temperature) (1.40)
or q-n=0 (on surface at thermal equilibrium with fluid) (1.41)

For the idealization of an inviscid flow, the appropriate solid surface boundary condition is the following

flow-tangency condition on V. No solid-surface boundary condition required for the temperature.

V=0 (on solid fixed surface) (142)

Fluxes, forces, boundary conditions on surfaces

Definitions
1Y density
\ %4 velocity vector
n surface unit
normal vector
V.-n (scalar) flow speed
normal to surface
3 (symmetric) viscous
stress tensor
+ — 7.5 Viscous stress

traction vector
(acting on surface)

r = X+ yy + 22
A% uX + vy + wz

For steady, incompressible flow:
T =p[VV +(VV)T]/2
with

v kinematic viscosity



Representation of vector fields

Grid Method Singularity Method
o V,-j
%) T Vi)
Y
—
T l . Yi = AR
Y [ ] i» T 'C"i:%/—;"

Figure 2.1: Grid and singularity methods used to represent a velocity vector field V(r).

Grid-based methods use discrete values of velocity V;; at the nodes of a grid that fills the entire flow.

Suitable for solving full-PDE type problems based on the Euler or Navier-Stokes equations
(conventional CFD, e.g. Ansys Fluent RANS solver).

Singularity-based methods construct the velocity field anywhere in the flow based on integration or
summation of the velocity fields created by source (\;) and vortex sheet strengths (7:) defined in
limited regions, typically at solid surfaces or other boundaries. These are added to the free-stream flow
field (V) to obtain the flow at any point.

The approach used e.g. by the Vortex Lattice and Panel methods for potential flows.
Typically many orders of magnitude faster for same accuracy than equivalent grid-based methods.

Helmholtz decomposition

Any sufficiently smooth vector field can be decomposed into the sum of a divergence-free part, and a
curl-free part. Consequently we can decompose the velocity field into the sum of parts which have

1. Non-zero divergence and zero curl Vs = or) = V.V Source density = div (V)
. [
2. Non-zero curl and zero divergence V, S wr) = VxV Vorticity = curl (V)
3. Both zero curl and zero divergence V,, « Vi Pure potential flow
Further, we can reconstruct the Ve = Vo + Vo + V)
flow via volume integrals, like so:
where Vor) = /// dz dy’ d2/
Vo) = /// dz: dy’ d2’
4T
For incompressible Ve = (for unboundcd external flow)
flows, the source
density o(r)=0 p——
everywhere. g=yy
o=VxV
— o(r)
= :V(r) .. @(r)
B 0 el ‘

For high-Reynolds- oot .
number attached flows, L V=V, +V,+ V| <
vorticity w is confined to — v,
the boundary layers and J/' av.
wake, and is linked to o dv'dy'd7 - 4 , . N3 o
viscous stress. ® d'dy' d7’ S X B s e e Xri e

Y — Ir-r| = (z-2)? + (y-v)? + (z—2')?



Vorticity and source lumping

Vo ()

Standard procedure to simplify the

volume integral statements
Vw(r)

Source Volume Source Sheet Source Lines

Source Points
Y Z y
r vy =f 7 =
’ZV" A= fodn'; v, =[1ds 7“ }:_JAdnr
i ne == .
o A R i AR ViR YN
)k'E' GW AR AT A 1‘\ P . AR
\ n,-- § 2 1 3 [ [02 ;l . 8 e -
N N 15,72 [ . Drela
N N N
Vorticity Volume < Vortex Sheet Vortex Lines Sonsiert Vi
I — _,‘ = —l V.- o=
n ® V(,, = fudn V F—)yds V; ~
o — ) b=
oe “ ’C" Qi L A \_.‘ C_C_. :
¢ ¢ c. Zl o C C _: =
¢ : E sx 5, 52 : B

Figure 2.3: Lumping of source and vorticity volume distributions into sheets and then lines. Source
lines can be further lumped into source points. The evaluation of the velocity at any field point r
then becomes progressively simplified. Lumping is the basis of aerodynamic modeling

Note the introduction of sheet (s, /) and normal (n) coordinates, locally orthogonal.

Volumes — sheets — lines — points

These simplifications are obtained by integrations first in n, then in s, finally (source only) in /.

Source Volume

Source Sheet Source Lines : Source Points
7 — v 7 L
n o I'Zvo A:Y’Gdné \'A Azrjlds %VA Z:]Adﬂ/
:('l\\:):,h(';';. A\ ; NEINE NS W i :" [‘\I/
)(:’;(')41)6 ’I;‘)@H@H‘E’r M ’t‘ M - X s : .7:': .
’ : § l § s, 5 § ¢ ,'.:‘.
N N N
Vorticity Volume Vortex Sheet Vortex Lines
r—o Vo Y= ’}n dn“::‘ Vy I'=|yds 5 Vr Drela
T ‘_. ny ==z} EmE
IS neseee—— cieice
Vi s B i E S .r,,“ E
—— 5 dsdf A i d *
Vor) ~ V@) = // S H (s,8) = / O(stn) AN A, source sheet strength
Volume— Sheet dr n « g
n2
Vo) = Vy(r) e // ‘7de8 ¢ ;6o = / w(stn) dny, vortex sheet strength
s i
Vo(r) =~ Vi@ = Z / e r|3 : A = / Als,8) A\, source line strength
. li
Sheet—Line S
V() = Vpir) = Z / ——mdé I'g = / (s ds T, vortex line strength
lmes ll‘ .5 I 5 : :
a.k.a. circulation
Y r-r t2
Line—Point Vy(r) ~ Vg@r) = Z T e ; T=[ A A 3, source point strength
points | =k I 51
*

NB: the limits of these integrals lie in regions where the integrand is zero



2D forms

Vorticity, vortex sheet strength, and circulation vectors all become scalars multiplied by the page-
normal unit-vector direction (below takentobey): w = wy

8§ =¥

= Ly

The velocity superposition integrals then take on the following forms in two dimensions.

Vo) = // o) i ') dz’ d7’ (2.23)
= ,y (r r')

Vu@) = G // w(r’) o |2 dz’' d2’ (2.24)

r-r = (z—-2')%x + (2—2')2 (2.25)

|lr—r'| = (z—2)? + (2—2')2 (2.26)

Their simplified lumped versions follow from the same lumping procedure as in 3D. The sheet coordinates
in the z-z plane are now sn, and £ is into the plane and parallel to y.

Vi) = 268 a5 ag= [ aaa
Line integrals M) = 27r lr—r'|2 ; () = L O(s,n) dn (2.27)
along source na
sheets V) = 1 ~ y__x (r ; 2) ds : Ys) = / w(s,n) dn (2.28)
27T | E=K | n;
_ - A (z—2)x+ (2—-2)z
Sums over Yhdgh = Z 2 |r r |2 T 4= 27 (z—2')2 + (2—2')2 (2
. points points
point sources " - T yx(r—r) N T (z—2)% — (z—2')2 -
r(r) = Z ﬂ |l'—l‘,|2 - Z ﬂ (.’l:—.’l:’)2+(z—z’)2 ( 5 )
points points

3D vortex sheet divergence constraint

The components of vortex sheet strength are not entirely independent because the divergence of
vorticity is zero by definition (recall vector field identity: div(curl(A)) = 0):

Viw=V-(VxV) =0

n2
By definition / V-wdn = 0
£

" (B,  Bwp | Own) .
/n (Bs+81?+6n)dn_0

n2 nz
2/ wgdn-a‘-2 wgdn —

|
<)

9s ¢ since the vort|C|ty is
zero at n1 and ne.
. 873 875
I =0 2.33
Use lumping ds EA ( ) The in-sheet (2D)
or V-y =0 4——/— divergence of y is zero.
=~ 0
where V =38 3s + 2 & — Vthe in-sheet gradient
isolated vortex/—/ "
V-y= V-y=0 / V-Y#0 everywhere
LE 0 /i Y(S'l) exceptgtvortex foot 7 / (impossible vortex sheet)
I AN - ZE T ey,
‘/4 4 1 “ R \\ ik T - ~ 4’ - S~
4 ' \ i T e ZANS - E s > T

/ "‘\\V/ branch cut — )7/’\4’/ \\‘x/, Drela
WU(s,¢) isolines « W(s,0) isolines H(s,£) does not exist

Figure 2.4: Various vortex sheet strength ~y(s,) distributions. Vortex normal to surface in middle
case shows up as branch cut in the p distribution associated with . Rightmost case is impossible.



The normal-doublet sheet strength, y

Because of difficulties with/constraints on dealing with vortex sheets in 3D, it is standard
practice to introduce the scalar normal-doublet sheet strength distribution y for 3D work.

isolated vortex -
V-vy=0 ¢ V-y=0 / V-Y#0 everywhere
. Y [ Y60 except at vortex foot -, (impossible vortex sheet)
The in-sheet 0%/ /5 5k ak o PO L ST, e
. 2% =~ . PL ~ |\ ¢ . S ~ s ot
divergence of e gs A ™ B A N S AL e o ge
y is zero. e N ™7 N~ N e T
i \ 4 / ’ \ // ot ’ . //

Ly idoa ¥ A P 4 ) /, Pt s ’
% “‘»\V,’ branchcut_}/ 2//\\”// “x\q,' Drela
WU(s,¢) isolines W(s,0) isolines H(s,£) does not exist
Figure 2.4: Various vortex sheet strength ~y(s,¢) distributions. Vortex normal to surface in middle
case shows up as branch cut in the p distribution associated with «y. Rightmost case is impossible.

= X 6;; y is (vector) vortex-sheet strength
or e = — 3_1‘ e = B_u Relationship between (vector) vortex-sheet
ot ds strength and (scalar) doublet strength

Note that any -y defined in this manner automatically has zero surface divergence

_0%s dw _ _Fp  &p _
=9 T ot = "0t o00s = °

V.

so that (2.33) ensures that w, = 0. Conversely, if there is a point or line where concentrated vorticity is
shed with w,, # 0, such as along the trailing edge of a lifting wing, then p(s,¢) must be discontinuous on a
branch cut extending from the point, as shown in Figure 2.4. Such a branch cut must be accounted for in any
calculation method which seeks to determine p(s,¢). In a case of a lifting wing, the branch cut is typically
placed all along the trailing edge from which vorticity is shed into the otherwise irrotational flow.

The equivalence of vortex and normal-doublet sheets

.. § n . , r—r
V&@)—-4rl7y@1)hr_ﬂp-—3n-&—1)|r_{ﬁ]dsdl (@3D)
1 n ; s r—r
Vur) = = #(s)[lr—r’IQ 2h-(r r)|r—r’|4] ds (2D)

_ u(s.0) < Y60 = Y

B it T
T e = N T,

o v >
A 4 4
. p — s
R\u(s) i .\—\1(.!) =nx§ g% i
L g e e P
Figure 2.5: Equivalence between normal-doublet sheet and vortex sheet away from edges, for 3D Drela
and 2D cases. The doublet and vortex sheets have the same velocity fields.
h=¢ v T=n
o——, il —
AR 4 - . Vortex Rin
A® * ¢ 4 L ;\/‘ on Perimetegr
\ll =¢ \I‘ =p <F=—4
P N = M ¥e Vortex Pair
) e on Ends

Figure 2.6: Constant-strength normal-doublet sheet with edges, and the equivalent vortex filaments,
for 3D and 2D cases.

Because the elimination of the zero-divergence requirement for 3D vorticity is such a great simplification,
doublet sheets are heavily favored over vortex sheets in all common 3D panel methods. However, the zero-
divergence constraint does not appear in 2D, with the result that vortex sheets tend to be favored over doublet

sheets in 2D panel methods.



Integral velocity / vorticity-source relations

.
TV = Zinside N =T
Vi " ICLOSC

Drela
&
Figure 2.7: Volume outflow 1% through closed surface (left) is equal to the total integrated source
strength of all source density, sheets, filaments, and points inside. Circulation I" over closed circuit
(right) is equal to the total circulation of all vorticity, vortex sheets, and vortex filaments enclosed
or encircled by the circuit.
Math statements of the above:
(surface integral) Yy = ﬂ V-idS = [/' V-V dy (volume integral) Gauss’s theorem
inside
= /[/ o drdydz +/ Adsdf +/ Adl + £ = Ziside
inside inside inside
(line integral) T = f V-d = / (VxV)-A dS (surface integral) Stokes’s theorem
enclosed
- 2 Recall 2D Kutta-Joukowski
= '[/w nd8+/ v-nds + I' = Tenclosed
enclosed enclosed I = p‘/oorl

Velocity potential integrals (3D)
2.7.1 3D potentials Velocity potential function ¢.

The velocity fields of the various types of source distributions can be expressed in terms of their velocity
potentials, with V, =V ,, V) =Vp,, etc. These are defined by the following superposition integrals.

Polr) = [[[ O'(r) dz dy' dz’ (2.43)

palr) = — // ,\(st) dsdé (2.44)
PAR) = 2= / A W d¢ (2.45)
902(1‘) — (2.46)

4 |r—r
There is no way to explicitly give the potential of 3D vortex sheets, but it is possible to do so for 3D doublet
sheets.

Pulr) = — // (s, l) )d df (2.47)

This is yet another advantage of using doublet sheets in lieu of vortex sheets.

It’s again useful to note that as in the general velocity expression (2.13), each potential expression has the
same form involving a kernel function. For example, (2.43) can be written as

///a(r') K(r-v) do’dy’'d2’ (2.48)

(2.49)

Po(r)

K(r-r)

47r =y r|

where now the scalar kernel function K is the potential field ¢(r) of a unit point source at r’.



Velocity potential integrals (2D)
2.7.2 2D potentials
The potentials of source distributions in 2D are given below.

1
Po(z,2) = 2 [/ o) In|r—r'| dz’ d (2.50)
T
1
Palz,z) = e / A(s) In|r—r'| ds (2.51) Drela
T
A /
PA(z,z) = In|r—r/| (2.52)
2
Unlike in 3D, the potentials of vortex sheets and vortex filaments in 2D can be given explicitly:
Pulzz) = Ly // —w(r’) arctan i dz’' d2’ (2.53)
27 z—z'
s e Gl Vs (2.54)
Py(z,2) = o ~(s) arctan — -
r z—2
Qr(e,z) = g arctan(z_zl) (2.55)
?
i z
For completeness we note the A
following, since the argument of tianch et ‘ Tr/zﬁ_. &
arctan can vary past 2m: a branch 1“72 4o 5 Drela
cut is needed for the last l‘ / o —ex
equation. f"/
=T
Figure 2.8: Potential of a 2D vortex located at (z,2) = (0,0). Branch cut accommodates the
potential jump of I'. The sketch corresponds to a negative I'.
Physical requirements for source distributions
Incompressible flow Permitted

Not permitted Permitted

-+ o=A=A=Y =0

YEXr Yy yy

(within flow field)

V'V%'V!

7/, ) =
v VLY

.. e
\AAR A A-" Drela
-

Figure 2.10: Sources within an incompressible flow-field are not permitted by continuity. Fictitious
sources inside a body, on a boundary, or outside the physical flow-field are permissible.

Compressible flow

Steady flow continuity equation

V-(pV) =0 v o e
A
oV-V+Vp-V =10
1 Bottom
V-V = —;Vp-V i
-5

= 0=

<
Isentropic+adiabatic case:
o =-R.V=my

VA% vV . v J as
VF-V=V2F'S=M2§ o Drela

/’—— Top -
R

g =

NB: since ¢ is not confined to surface,
panel methods are unsuitable for strongly

compressible flows; need gridded methods.

(OK for weakly compressible.)

s -3
S A twm e
Figure 2.11: Positive and negative source distributions associated with streamwise density gradients,

or the related speed gradients, near an airfoil in a compressible flow. The thin viscous vorticity layer
is also shown.



Physical requirements for vorticity distributions

Provided Reynolds numbers are moderately high and flows are attached, vorticity is confined near solid
surfaces and within a narrow wake:
Small insect Model airplane Full-size airplane

Rews ~10° Rews ~10° Rews =10

|

-
H W
oo

Figure 1.9: Typical aerodynamic flows with large Reynolds numbers have thin boundary layers and
wakes (viscous regions) compared to the body dimension. The outer flow is effectively inviscid.

Since these requirements are often satisfied in aerodynamic applications, lumped vortex sheet models
provide very effective approximations for the flow field outside boundary layers.

Vo+V. V, +V,
T @(s,n) A '

Yvyvvey

Figure 2.12: Physical vorticity w(s,n) in thin boundary layer is lumped into vortex sheet ~y(s) placed
on the airfoil surface. Outside the boundary layer, there is typically very little difference between the

actual V,,(r) field and the approximated V,(r) field.
Note that in 2D, the trailing wake has no net vorticity.

(We will account for the influence of boundary layers and the wake using BL models, then couple that
with panel-based methods. This coupling is the basis of viscous-inviscid interaction models.)

Flow field modelling with source and vortex sheets

The combination is good for low-speed aerodynamic flows (source sheets are not so good for
compressible flows, though vortex sheets can still effectively represent BLs in that case).

1. Accurate for flows with thin viscous layers; vorticity lumped into vortex sheets placed on body and
wake surfaces. (The standard inviscid flow approximation.) Can make effective corrections if
viscous layers not thin.

2. Only the body surface and trailing wake need to be geometrically defined (simpler than a space-
filling grid).

3. Numerical panel methods typically require of order 100 times less unknowns than a grid based
method for equivalent accuracy.

4. If across-sheet velocity or potential jumps (AV, Ag) are known, then source, vortex or doublet

sheet strengths are also. See Drela App. B for these outcomes: \ — 7.aV
~4 = nxaAV
Source sheets
“ B = Ap

Source sheets on their own are OK for inviscid

low-speed flow around non-lifting bodies.
P Velocity field (3D form): Free-slip surface BC at » = (s,1,07)
= Vir) = — /]/\(s f) r'|=‘ dsdf + V_ Vi(s,t,0+)-i(s,e) = O.
’ = Equation to be solved for source sheet strength A:
. (r— r)
— ///\( Bl = L2005 & Bk

Panel methods discretise this integral equation to produce a
system of equations to be solved for individual panel strengths.



Flow field modelling with source and vortex sheets

Source sheets have the limitation that they cannot alone represent a lifting flow.

Vortex sheets
V, +V,
So more generally, we use vortex (or doublet) sheets.

Velocity field (2D form):
Vi) = _/ yx ’,|’;)ds + V,

= 0.

Tveey

Free-slip surface BC at 7 = (s,1,07 ) V (5,£,0*) - 1i(s,8)

Equation to be solved for vortex sheet strength y (2D), again at r just outside surface:

—/ (s)yxr i L. I TS

r/|2

An additional constraint equation is needed to satisfy Kutta condition: YrEupper T V7Eiower

Again, panel methods discretise this (continuous) integral equation and Kutta condition constraint
equation to produce a system of equations that can be be solved for individual panel strengths.

Non-uniqueness

Different combinations of source, vortex and freestream combinations can give the same
external velocity field (though, for a lifting body, there must always be a net circulation).

Hence there are many different possible types of panel methods, based on source sheets, or
vortex-doublet sheets, or both. See reference by Katz & Plotkin for an extensive overview.

Physical aspects of airfoil performance reviewed



Airfoil shape - classical definition

An airfoil is a two-dimensional section of a three-dimensional wing. lts shape is called a profile.

Any airfoil profile can be decomposed into the sum of

9 a thickness distribution and a (mean) camber line.

These two things can be changed independently and

+
have mostly indendent effects on airfoil performance.
— o —
z/c _ Profile form
Mean camber line
1 . L > Ro Lt ot
0.2 0.4 0.8 1.0
x/c »/4

- 5060 1 07008 0% 5 TD V, [*——xgq—* Chord line

100 &1 s Ur‘;v 93 | 7 75 5112 13 [0 [ Xy —

100 3 43 | 51 ] 6| 32| A7 03|06 060 < ¢ >

The most significant dimension of an airfoil is its chord ¢, and the chord line is drawn between the
front and rear points of the mean camber line: these points are called the leading edge (LE) and trailing
edge (TE) of the airfoil. Other leading values are usually given in dimensionless form (based on c):

The maximum thickness t and its chordwise location xa.
The maximum camber f and its chordwise location xr.
The nose radius Ro.

The trailing edge thickness (if finite).

The angle of attack (AOA) a is the angle made between the far-field oncoming flow velocity vector V.. and
a reference line — often the chord line. Two significant AOAs are the zero-lift value ap and the stall AOA.

Another common reference line is the zero-lift line: the geometric AOA for which C; = 0.

Example airfoil families

Early NACA Modern

P — .

Wright 1908 0012 (4 Digit) Lissaman 7769
Bleriot 2412 (4 Digit) Ga (W)-1
RAF-6 4412 (4 Digit) Ga -0413

C_\ CX
Gottingen, 398 23012 (5 Digit) Liebeck L1003
C_\
S ———
ClarkY o
64 A010 (6 Digit) C-5A (“Peaky”)

Q’C\Q

Munk M-6 65 A008 (6 Digit) Supercritical



NACA airfoil series Eastman N Jacobs

First systematic attempt to define airfoil shapes, using a rigid nomenclature

and families of polynomial-type shape functions for camber and thickness.

E.g. here is the (dimensionless) thickness distribution for the NACA 4-digit series:
t

ty = 555 (0:29690v/ — 0.12600z 0.351602> + 0.284302* — 0.101502")

1. NACA 4-diqit series:

NACA
Max. camber Max.Ember Thickness of (>

(%c) position (%c) section (%c)

2. NACA 5-digit series:

NACA 61 5

20 2 x max. camber
3 X Cl position (%c)

R

t/c ratio (%c)

3. NACA 6-series (confusingly, the third digit can be a subscript, and sometimes omitted!):
See Abbott & von Doenhoff for the full nomenclature.

_NAGA [6]3]1]-14]1]2] R

Series 10 x min. pres. N
designation|| position (%c) C)range || 10x C, || tic ratio (%)

Airfoil shape: modern definition

N
Shape is defined through a set of control points and local shape functions: x = Z x;N;(s)
i=1

CONTROL POINTS

INTERPOLATED AEROFOIL
NACAO0012

Previous position

MODIFIED AEROFOIL =

New position

This approach allows us much more freedom in design, especially when we need to affect flow
over the top and bottom of the airfoil separately (e.g. for transcritical flows with local shocks).

But it also makes it more difficult to choose an airfoil ‘off the shelf’.



Representative airfoil Reynolds numbers, Re=V.c/v

1. Airfoil performance is quite heavily affected by Reynolds number, especially say below a few million.
2. Airfoil performance (L/D) degrades as Re reduces and boundary layers become relatively thicker.

3. Since it’s typical for high Reynolds and Mach numbers to go together, the attention in airfoil design
for high-Re aircraft tends to shift from controlling boundary layer to shock wave behaviour.
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Forces on airfoils
Local: pressure and skin friction (tractions)
n — ~. Pressure
Unit normal (normal) NB: one can show that the
and tangent i normal traction is caused only
by pressure and the tangential
vectors. traction only by viscous stress.
PI—— . . . G . A
Skin friction Surface =t
(tangential) tractions.
Global: lift, drag, and pitching moment p——
l l .
R= / (—ph + 7t)ds M, = / (x(s) — o) X (—pn+ 7t)ds  (mq is arbitrary)
0 0

Lift and drag are the reaction force resolved normal and tangential to oncoming flow direction:

L=R;cosa+ Rysina D =—-R;sina+ Ry cosa

R

NB: by convention (and
definition above) a +ve
moment twists nose up.

Aerodynamic centre close to c/4: moment is constant with a. Centre of pressure (no moment).



Aerodynamic coefficients

Local/sectional Global/wing/vehicle
Pressure coefficient P — 1 V2 NB: by convention, lower-case subscripts
2PVso (Ci etc.) denote sectional (2D) values while
o upper-case subscripts (C. etc.) denote
Skin friction coefficient Cr=1+ 72 whole-aircratt (or 3D) values.
2PV
c L c L s
Lift coefficient 1= 1T 1,2 L=T 32 a is the wing area
D D
Drag coefficient Ci=1—5— Cp=152
9 spVic 5PVLS
o M M C is the mean
Moment coefficient Cn =155 Cv =155 aerodynamic chord
§pvooc §pvoo Se (defined later)
T forces and moments here
are per unit span length.
Dimensional analysis shows that for steady flow My = Voo /a
C; = function(shape, M, Re); i=p, f,l,d,;m Re = pcVio /1 = Vo /v

Pressure distributions and pressure coefficient — 1

A0, —-AV
. . O b
The pressure coefficient Cp is a +AV [\ thiy, +Ap
convenient dimensionless way of > iy
_ _Ap = balow\Dd Y
describing the pressure on a surface, >
relative to the ambient pressure pe. > \\
! AC
o _ PP poini T A0O12
p = 1 AN /(Do
3PV
1.5k
Note that by convention the pressure oo suilics
.. . R . ) CT S ac
coefficient is plotted inverted (suction to top) o 1.0 S
as a function of chord position. This plot reveals P 05 etion side ot airol
a great deal of information about flow behaviour. -
: 1.0
Using Bernoulli’s equation we can relate C,, to the local i e iaititen '
velocity just outside the boundary layer, Ue (since pressures R Pressure side of airfoll
are typically almost invariant across a boundary layer). 1ol

p, Ue

TPVZ +ps = 5pUZ +p rearrange = U./Va = /1 C, alternatively 1—C, = —%




A 0D

Pressure distributions and pressure coefficient — 2

At a stagnation point, Ue=0 and Cp=1, its maximum value.

Where Cp=0, Ue=V.-..

—-1.0F Upper surface

Where Cp=constant with x/c, the flow speed is constant.  ~ Suction side of airfoil
P

. . 0.5
The flow accelerates where -C,, increases with x/c (a

favourable pressure gradient for boundary layers).

Conversely the flow deaccelerates where -C, decreases 1.0

with x/c (an unfavourable or adverse pressure gradient). 0.5 Lower surface
Pressure side of airfoil

Small local variations/wiggles in a Cp curve signal local 1.0
flow separations — may be a sign of trouble (BUT if
present in an inviscid analysis usually a sign of ‘noisy’
airfoil coordinate data).

Regions where there is the greatest C, differential L0 ///

between the suction and pressure sides of an airfoil
provide the greatest lift contribution (do the most work).

ARE

|

1.0

The area contained by the Cp vs. x/c distribution equals //////////////////////////”
the coefficient of lift C; (this is only strictly true at zero
angle of attack). Obviously, the greater the area contained,

the greater C..

Pressure coefficient C,,

Surface pressure distributions are of course readily
obtained in experiments.

Pressure distributions and pressure coefficient — 3

1. The local surface curvature strongly influences Cp.

Conservation of momentum in direction normal to streamline: balance pressure gradient &
centripetal acceleration (ignoring effect of viscosity) gives

Streamline n
9 Aerofoll
dp  pV surface
on R
Consequences

a) Curvature of streamlines affects pressure and hence lift.
b) Increases in curvature raise suction (and local speed) on top surface.

2. The angle of attack a influences C, (hence C;, and local velocities too).

o
g a=06"(U)
. ¥ TXFOIL NACA 0012
Note that if say -Cp=3 V6.2 MACH = 0.000
then the local velocity - ’
Us=2xV. -5 ALFA cL M
TEne o 0.000 -0.0000  0.000
5.0 3.000 0.3624 -0.00Y
6.000 0.7238 -0.008
Ce
U? -1.5
- N N 2 e
1-Cy= 5
50 -1.0 S
0.5
p (0] X
KO: (L)
(0]
o a=6 (L) U
NACAO0012



Pressure distributions and pressure coefficient — 4

p,Ue
Pc: Vo @

%pro + Do = %pr +p rearrange = U./Vo =+/1—C, alternatively 1-C,

U2

Reminder that (at least on the assumption in inviscid flow and accuracy of Bernoulli’'s equation)
the information contained in plots of Cp, (Ue/V-)2 or (Ue/Vw) vs x/c all present essentially the
same information: the local flow speed near the surface of the airfoil relative to the freestream

speed:
NACA 66(215)-216,a=0.6
1.5k 20 l g
o jon si irfoi 2 151 .
Suction side of airfoil U, l : , + U. ( o =8
1 . V. 16 Upper Surface | v _ upper surfoce
1.0 Upper surface £ P \: | £ ‘
12 - \ l I- .
0.5 Lower Surface ‘”\ | o= )
e e - ] 8 V/
| lower surface”
8 -
0 | > o relative to the zero-lift line
® 11 === Theory -t- 0.5
0.5 Lower surface 2 | o Experiment N -
i i T NACA k412 1
Pressure side of airfoil - 4 — p
1.0F !
0 0 T T T T——
0 2 4 6 8 1.0 T -
0 .
z/c 05 zje i

Influence of C, on boundary layers — 1

1. Boundary layers typically start out laminar at stagnation/LE, unless externally turbulated/tripped.

2. With zero pressure gradient, flat-plate boundary layers are convectively unstable and transition
to turbulence at a local Rex that depends on surface roughness and free-stream turbulence level.

10~
This plot is of integrated, not 8 R
local, skin friction coefficient.
l.e. it represents the total
drag per unit span. 4

Indicative transition Re range
approximates typical subsonic
wing Reynolds numbers.

Turbulent

10°Cy [~
2 Laminar Turbulent skin friction/drag
increasingly greater than laminar

as Re increases.

3. Favourable (pressure decreasing/external speed increasing) and unfavourable (pressure
increasing/external speed decreasing) pressure gradients strongly affect boundary layer shape.

10

//—
s |
08 N A .
/ g o v Separation corresponds to
) o P 5 / inception of reversing flow at the
velocity as T 06 S N -
proportion of  § // / A %Separation wall: sufficiently unfavourable
external 3y 04 7 /. /’0.@ m————— pressure gradients will force flow
A// A; to separate from the wall.
02 g— 1
v ‘l
o ] -  —
0

1 2 3 4
£ =y ’L"T"'l_ ‘\’i; wall-distance similarity parameter
V.



Influence of C, on boundary layers — 2

4. Favourable (pressure decreasing/external speed increasing) and unfavourable (pressure
increasing/external speed decreasing) pressure gradients strongly affect boundary layer stability and
transition to turbulence. Initial 2D wavy disturbances are known as Tollmein-Schlichting (T-S) waves.

Inverse wavelength
of 2D disturbance
based on BL
thickness

Laminar BL

(2D) T-S waves

(3D) transitional
structures

Turbulent BL

05 {

Unfavorable
= less stable

0.aH—

0.3

02

Favorable =

more stable
T

10° 10t 10%
Re based on BL thickness

10? 06

2D boundary layers are unstable
inside loops/curves on this plot.

Unfavourable gradients expand
enclosed region of instability
(more unstable) and vice versa.

Note that for zero and favourable
pressure gradients, BLs are
unstable only with a certain
range of downstream distances.

a=2n/L,
0* = BL displacement thickness
A = (62 /v)du, /dz

5. Separated shear layers are even more unstable than adverse-gradient attached/boundary layers.

6. Because boundary layers are relatively thin, airfoil surface curvature is relatively small, allowing
airfoil BLs to be analysed with the same tools developed for flat plate BLs.

7. Although turbulent BLs produce more skin friction drag, they are also better able to resist flow
separation in the presence of an adverse pressure gradient — so promoting transition may reduce
overall drag. In effect we exchange increased skin friction drag for reduced profile/pressure drag.

Influence of C, on boundary layers — 3

8. Unfavourable pressure gradients promote separation because the pressure is almost invariant in
the wall-normal direction. Slower-moving layers come to rest and reverse direction sooner.

u(z)

P

I

-

—_ 5
)

e

5 |

v _
ds

laminar turbulent

separated

For inviscid flow along a streamline (coord. s) we can derive

L Gy
pV Os

= slow flow slows faster in an adverse pressure gradient.

9. Separated flow may reattach to form a separation bubble — indicated in C, distribution.

laminar separation bubble

—— *\c—
AII T: l'a '
ST — 1] T 1
¢ r—ﬁﬁmmsxuﬁ
1.0 | 1| | |
o ! { with laminar
t bubble
i

-0.5
separation

-0.5

0.2 0.4 0.6 0.8 x/c 1.0

laminar turbulent
) 1

—
s@;,:%;:m

—
V.

separation

laminar bubble

I~ /
L=

turbulent
> Re=1.1
\

Re < 10°
- thin airfoil
o large

Separation bubbles may be laminar or turbulent depending on the upstream flow
but often they are also a location of transition: separated shear layers are more
unstable than attached ones (T transition) and once turbulent will grow cross-
flow less rapidly (T attachment) and entrain external fluid (T reattachment).

06
Whether a bubble or transition
occurs first depends on Re as
well as Cp.

08

If adverse pressure gradient is
sufficiently strong the flow
may stay detached (stall).



Influence of C, on boundary layers — 4

10. A shock wave (rapid compression) provides an extremely adverse pressure gradient and can
produce immediate flow transition or separation. Especially the latter leads to a rapid rise in profile
drag with M. in transonic flows.

Subsonic
flow

Shock Shock-induced boundary
layer thickening andlor

M> M

Fie. 48  Transonic effects.

Mainly wave

CD . drug

Drag rise

Profile

drag

Typical pressure distribution

Mach number

Flow separation and stall — 1

1. Stall is defined to be the maximum on the Cj-a curve and is associated with onset of complete flow
separation from the suction surface. Depending on conditions, it may occur in a number of ways:

e N °

Short separalion
bubble

(2) Trailing-edge stall (b) Leading -edge stall

€) Thin- aarofoil atall (d) Thin-agrofoil stall
(sharp leading edde) (blunt leading edge)

2. A very ‘sharp’ or sudden stall is generally undesirable because it is difficult for pilots to anticipate.



Flow separation and stall — 2

3. Stall is dangerous as a considerable loss of altitude may be required for recovery, and control is lost.

Wing lift u.rA }
Domnmath N »
Straight flight at constant speed I
—— - z — =

Tailplane load (T,)

c Lift Pitching moment
4. In addition there is the shape of the Cn-a curve : Cm  aboutairfoil
to be considered. For stable stall recovery, it is ()] teenss
desirable for the aircraft to tend to pitch nose-
down i.e. for Cmy to become more negative, post-
stall. Cia

X Unstable break

Z \
/ P /S\Ia

) | V' Stable break

: Py Z - c,“ G c A & NB: increase in Cn
' | ~—— at stall is unwelcome
I as it tends to increase

Pressure drag o still further.

inviscid 1/
Friction drag

cq // Cm

1. Note zero-lift angle of attack ap, and the associated drag and moment coefficients (Cao, Cmo).
2. The most important features of the C; vs a curve are do, Cimax and astai, and lift curve slope 3aC//da.
3. Typically (for a positively cambered airfoil) ag is negative, as is Cmo.

? Cimax at high a -
initial influence on Cq is small

C

Laminar skin friction only — the
| minimum, and will fall as Re
increases — independent of C,.

—_— e

—

Ca




Reminder: the
reference line for AOA

Forces and moments on airfoils might instead be the
N R zero-lift line.

We can integrate the normal and tangential tractions
around the periphery of the airfoil to obtain a an
equivalent force R, and also a twisting moment M. 23

o
R is independent of location but My is associated /Vooy

with a given reference chordwise position x.

Note My is taken positive for LE nose up.

The force R can be decomposed into orthogonal components, either normal and tangential to the chord line
(components N and A), or normal and tangential to the relative wind direction (components L and D).

Working with coefficients Cp, Cs, Cj, Cq, Cmx Wheree.g. (C,, = % Conz = %
C;=C,cosa—C,sina C,, =Cicosa+ Cysina
or
Cy=C,cosa+ C,sin« C,=Cycosax— C)sin«

Supposing we wanted to take the moment about the LE instead (for example), i.e. Cmie, given Cmx. Then

X
CmLE = me - ;Cn

Now we consider the two most aerodynamically significant chordwise locations:

centre of pressure xcp = location for which moment is zero.

aerodynamic centre xac = location for which moment does not change with a (or e.g. L).

Forces and moments on airfoils

centre of pressure xcp = location for which moment is zero.

T T
CmLE :mefzcn =0- an or

C

So if we know Cmx for a given x we can compute xcp/c.

aerodynamic centre xac = location for which moment does not change with a (or e.g. L).

%On or Cmye = Ciz + (xac _ E) C,

c C c

CmLE = Cmm - %Cn = Cmac -

then OCmye _ OCma (avac — E) aai" =0 or aC"”E/GC” + (xac - f) =0

Oa Oa c c Do Do c ¢

c da ¢ 0C,

¢ ¢ Oa

Tac _ T _ acm,:/acn . 0Cm,

So if we know aCmx /0a for a given x, as well as aC, /da, we can compute Xac/c.

Recall C,, =Cjcosa+ Cysina  so 0Cn = @"‘Cd cos o + %_Cl sin o
oo’ (oo’ da

9C, _9C 0y OCms _ OComy
da O oC, — aC,

Typically a is small in which case



Forces and moments on airfoils

Lcp _ E . Crpzs

c ¢ Cjcosa+ Cysina

Tae T OC /Ot

c c (%—%L-I-Cd) cosa-l-(%—C‘(;—C'l) sin o

B T ‘ T T T T T T T T T ]
¥ : | .
- - \ (oN ]
Typically, for a positively cambered airfoil, b 1= | \ ]
Cmac <0 and C;= 0 occurs for a < 0. L L x,./c ! S ]
S = i — ———
S e _
Note that xcp varies significantly with q, S - \ | -
while xac is almost totally independent of a. >\ B \| ]
& 1 \ 1
X - | .
[ Xa/c || ]
_2 C 1 1 || 1 1 1 1 1 | 1 1 1 1 ]
-5 0 5 10
o [deg]

Typically with airfoil data, Cm is given for x/c = 1/4 if not otherwise stated — for many airfoils this is
within a few percent of the aerodynamic centre.

Forces and moments on airfoils
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Figure 3.7 Acrodynamic characteristics of the NACA 4412 airfoil.



Influence of airfoil shape: camber distribution — 1

Generalizations:
Camber distribution is typically chosen to generate minimum drag at a desired C;, and/or Cimax.

Thickness distribution is typically chosen to influence boundary layer and shock-wave behaviour.

Basic aerofoil section geomtry

[’—k | o The basic idea is to streamline Increasing Cimax:
| mean line the mean camber line to the flow ol +
C — field at the design lift coefficient.
Max Shonay
section

Separation Max

profile

/ / \ section
- = A

22293503,

2
\ ¢
K €2
>3
K 'g B
S
0% —'/‘\ 2 <
, Y e S o—— g
T - s g Note:
'/—4-""‘- 0% l_‘-_—\ b B Geometric stalling
3 angles
[ e e <
Type of mean line / 0 agectama | | |+
\l ’ (geometric)
L//’ﬂ Circular arc (rare) | el =
I T |
l l
s - Merging parabolas g | ,
i (NACA 4 digit senies) § 1 >
E ol
I ) ‘ . Parabola with straight é /
: I rear segment (NACA 5 digh) >
2 Usable range of angles of attack between
R s §. aerodynamic zero and stall widens slightly
Reflex or ‘cubic 2 as the camber increases

\/"—\.lealgdwwem Effect on Ci-a of increasing camber:

' I I compul
— —— 1. ao reduces;

e s : 2. Cimax increases;
3. Useable range of a increases.

Influence of airfoil shape: camber distribution— 2

Minimizing Cq at design C;:

Effect on Cq of increasing camber:

¢ 1. a(Camin) increases;

§ 2. Camin increases;

3. Drag polar moves up and right.
(note possibility of composite polar
with variable geometry/flap: can exploit this
to approximate the ideal polar across a range
of design Ci.)

Rise in cd min
with camber

0 1.5
| 0. Aerodynamic angle of attack AiAFoiL
measured from zero lift angle —_—— .8 FLAP

(A) Profile drag plotted against Co |— iy
angleofattack . FLR

cl A

Rise in Cd min orod PO
with camber srongy

] T

(B) Profile drag plotted .0} -

| — \\ against lift coefficient
o cd
l \

Composite

Rise in ¢l for minimum drag
as camber increases

envelope Fig. 1 Polars for laminar sailplane airfoil over range of flap settings [Re =
10°//(CL))



Influence of airfoil shape: camber distribution— 3

Generally, the airfoil ‘works hardest’ i.e. has the greatest difference between suction and pressure Cp
where the curvature of the camber distribution is greatest. This also affects Cimax: generally, higher Cimax
is achieved when the maximum camber is closer to the LE.

This characteristic is exploited in the design of ‘supercritical’ airfoils, where there is little camber near the
LE to reduce recompression shock strength (and transition/separation), but camber is increased near
TE to provide adequate overall C,.

Small leading -edde Maximum thickness (1) e
camber
Leading-edge
radius ;
N, ey - |
i Tt
hord |
(%) Max thickness | Srorsing
t ] =1
£-o :
x z 1o

Conventional 1960s agrofoil section

Flattened upper surface

i L. 0075
Chord line ; T
“Increased leading-edge Large trailing-edde camber
radius

Supercritical aerofbdil section (19803)

Influence of airfoil shape: thickness distribution — 1

Generalizations:
Camber distribution is typically chosen to generate minimum drag at a desired C;, and/or Cimax.
Thickness distribution is typically chosen to influence boundary layer and shock-wave behaviour.

1. The thickness distribution has 3 main determinants:
() maximum thickness ratio;
(i) LE radius;
(iii) chordwise position of maximum thickness.

2. The effect of these factors also depends on Reynolds and Mach numbers, making further
generalization difficult. To simplify matters, break up consideration based on Mach number.

Subsonic/incompressible flow

1. Even quite thick airfoil sections can have rather low drag. Q

R =40,000

1-4T 14

12 1.2

Same profile drag @ Re=6x106

»-— Wire

o —

2. Historically, very thin airfoils were used first, largely

1.0 1.0
because they had better performance at the comparatively
o & 8 low Reynolds numbers which could be achieved in early
£ 6 S— & wind tunnel and other tests (e.g. by the Wright Brothers).

—

Recognition that much thicker airfoils were aerodynamically
(as well as structurally) preferable was a key advance in
airfoil selection at around the time of WW1.
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N

-/

|

- |

B o o w—"
¥

| | | )
0 04 08 .12 .16

Drag, Cp

Above all but lowest Re, moderately thick airfoils have
both higher Cimax and higher (L/D)max than very thin ones.




Influence of airfoil shape: thickness distribution — 2

5. By changing the chordwise distribution of thickness we can affect the zero-a pressure distribution
and hence the proportion of chord over which a favourable pressure gradient (and laminar flow, low
drag) can be maintained.

This is the basis of laminar-flow airfoil design, which began with the NACA 6-series airfoils and was the
key advance in subsonic section design at around the time of WW2. The maximum thickness typically
occurs at approximately mid-chord, and the favourable pressure gradient is maintained somewhat
further aft than this. In good conditions, transition will (hopefully) occur around this point.

1.0
Cy Cpror
os 08

06

conventional airfoil o laminar-flow airfoil
02 o
i b @ . :; e ' 8 0.2 \/‘4 u‘u 0.8 10
-02 z/c s z/c
04 &
}_u. e N }. -
s e :ﬂ?' maximum thickness oint of maximum thicknes
':.-_° %‘ x hA(‘AMl!K~-—} é- x NACA 66012 ___:_>_
e et = e T |
[ c | - ¢ — -
r
Standard arfod
¢ ¢
Measurements of Max L/D

™ Max LD

G I o

The point: can improve L/D |

T
Conventional Laminar

skin friction for a
laminar flow airfoil,
NACA 27-212

Influence of airfoil shape: thickness distribution — 2

3. While moderate thickness is an advantage, further increases ultimately must produce increasingly
adverse pressure gradients, and bring about flow separation. There is a ‘happy medium’ range of t/c for
subsonic (a.k.a. low speed) airfoils, typically of order 8-16%: optimal t/c gives best Cimax.

0.010 l 1.8
c X c NACA 64-2xx

doin NACA 64-2xx | max

0.006 ~ | a4l <X /TN = Lower t/c gives smaller minimum

' / N drag but also sharply reduces

. \ Cimax and gives poor/sharp (LE)
0.002 Re =3-10° 1.0 Re=3-10° stall characteristics.
0
0.06 0.12 0.18 0.24 0.06 0.12 0.18 0.24
t/c t/c

4. Likewise there is an optimal leading edge radius for Cimax. One measure is the relative thickness at
0.05¢, i.e. the thickness at 5% chord as a proportion of maximum thickness, called zs/t. (Must be < 1!).

1.8
f:,. 7_l‘) = 065
0. / —
.
14 055 ,4/ e Good values of zs/c are
0 ///fm,, = moderately high, of order 0.5.
< N\
045 . .
10 . e NB: This feature is very Re-
' L ¥ dependent. Optimal di
P - ependent. Optimal nose radius
7 tends to reduce as Re falls.
06
0 4 8 12 16 20
- Thickness ratio, Uc in % chord
Figure 3.21  Variation of Maximum Lift CoefTicient with Geometry of NACA
Symmetrical Airfoils at a Reynolds Number of 6x106




Influence of airfoil shape: thickness distribution — 3

6. In practice, very good control of surface quality/roughness is required for laminar flow to be
maintained to the design transition point (even small surface waviness can promote T-S wave
instabilities). However, with modern moulded manufacturing this may be achievable with care.

T

i [

Ul
i
11T

Modern gliders
use laminar

flow airfoils &
need very good
surface finish.

L/Dmax ~ 40

Fig. 43: Pressure distribution over a symmetrical airfoil at
various angles of attack.

. . . - upper surface pressure distribution at various
7. Laminar flow can only be maintained around a range of a ORO) aﬂg.es of anac,f (see also Fig. 44)

for a given camber and thickness distribution, because the ® zero anglg of ;mack, upper and lower surface
o ) S
pressure distribution changes with a. z’eSS“’e stribution
2 oundary-layer transition point
A separation point

Influence of airfoil shape: thickness distribution — 4

8. The design range of a or C; over which laminar flow can be maintained for a given airfoil is known as
the laminar bucket or drag bucket.

Effect of camber Effect of thickness
Symmetric Cambered
12 1.2
< al| |
NACA NACA Z
o 64,018 08 64,-018 /
64,-012 64,-012 A
X _64-006 64-006 <47
0.4 JPLEN 0.4 7
7 _/ A »a
TTINS 1
Q T
o |
\
TR
0.4 -0.4
05 x/c 1.0 \‘\
e Re=3-106 M,
64,-012 i

— 0.004 0008 0012 0.016
64-006 cq

Thicker airfoils have a wider usable range of
Ci but obtain less benefit from laminar flow.

Camber shifts bucket to design lift coefficient.



Influence of airfoil shape: thickness distribution — 5

Transonic flow

1. Design to avoid/minimize shocks: profile and wave drag
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2. Both lift and drag increase in the transonic range.
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Influence of airfoil shape: thickness distribution — 6

3. Reducing thickness increases critical Mach number, where M=1 locally.
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4. Supercritical airfoils are designed to have weak recompression shocks and increase the critical M.
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- New
Supersonic flow O Machne
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Line Line

1. Design to minimize wave drag, proportional to a2 and (t/c)2 — supersonic airfoils are very thin.

2. Shocks and expansions can produce abrupt changes in flow direction so that flow separation
is paradoxically a less important consideration at supersonic speeds than at subsonic —
however supersonic airfoils can perform very poorly at subsonic speeds.

3. Lift production mechanism is different than for subsonic flow and both the centre of pressure
and the aerodynamic centre lie at approximately c/2.

i Expansion r |
e Shock Shock Sx::::ion
\\/ \X/ ‘\/ Shock
! The movement of centre of
s o Shock  gxpansion  Shock pressure (typically rearwards)
Flat plate Double wedge Rounded in supersonic flow can have
Lifting flow %mm important consequences for
pressure ﬂm m «@W trim changes and trim drag.
distributions m m"
Centre of
pressure Centre of

pressure



